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The present paper derives Von KrmAn's Fourier integral method in 
supersonic wing theory directly from the basic concepts of the harmonic 
source and doublet. The method is first applied to investigate the 
general solution of the wave drag of a tapered swept wingwith a sym-
metrical diamond airfoil profile. The general solution includes all 
kinds of wing plan forms which may be swept backward or forward, and 
tapered or reversely tapered to any ratio. 'A number of the limiting 
cases are also investigated. For practical aerodynamic design, two 
families of wing plan forms with the fixed taper ratios 0.2 and 0.5, any 
swept angle, aspect ratio, and Mach number are shown in graphs. Some 
particular applications are illustrated. 
The reversed-flow theorem on wave drag as shown by Von Krmn and 
Hayes checks well with the consequence of the general solution. This 
method shows a certain elegance as no conical-flow assumption is needed 
and the mathematics is powerful enough to obtain a general solution 
covering all possible geometrical arrangements without detailed 
considerations. 
While in recent years the direct problem of finding the lift dis-
tribution with a given angle of attack of the wing has been well solved 
by the method of conical flow and by other methods, the present treat-
ment, on the other hand, investigates the inverse problem, that is, to 
find the downwash distribution in the plane of a wing with a preassigned 
pressure distribution. This is particularly 'favorable with the present 
method. - The' general solution of the downwash of the tapered swept wings 
is derived for the case where a constant' lift distributidn on the-wing 
is preassigned. Of course, the method may be applied to- any lift or 
pressure distribution along the wing chord and span. The corresponding 
angle of attack of the wing and the downwash can be determined everywhere 
in the plane of the wing. To demonstrate the downwash distribution as' 
given by the general solution, the downwash of a-number of ings, 
including a sweptback tapered wing with' supersonic trailing edge and a' 
triangular wing, is shown in graphs.
2	 NACA TN 2317 
The general solution of the direct problem in the present formula-
tion is a singular integral equation of the Weiner-Hopf type and is 
difficult to obtain.
INTRODUCTION 
In 1935 Von Krmn first shoved that the concept of the Fourier 
Integral can be adopted to explain the similarity of Prandtl wing theory 
and the theory of planing surfaces (reference 1). In 1914.6, Von Krmn 
introduced the Fourier Integral method to the supersonic wing theory 
(an unpublished report of Northrop Aircraft, Inc.). The present author 
under Von Krxnn's guidance investigated this problem to a certain extent; 
some of the results have been published (reference 2) but some, presented 
in 19148 at the Sixth International Congress for Applied Mechanics, are 
not available in published form. The present report may be considered 
as an extension of the earlier work. As some of the literature is 
unavailable at this moment, some of Von Ka 'rmn's work is repeated. 
As far as the linearized theory on supersonic wings is concerned, 
the conical-flow method was originated by Busemaim (reference 3) and 
later reproduced and extended by Lagerstrom (reference 1 4
.), Hayes 
(reference 5), Stewart (reference 6), Laporte and Bartels (reference 7), 
and Snow (reference 8). Each of the later investigators approached the 
same method with slightly different techniques but confirmed the essential 
results of Busemann. Before the conical-flow method was known in this 
country, Jones visualized the advantages of the conical flow and showed 
some of the basic physical concepts (reference 9) in 1914.5. Later, in 1914.6, with the concept of conical flow, Jones also showed the invariance 
of the Lorentz transformation and introduced the oblique coordinate in 
the swept-wing problem (reference 10). 
The challenge of supersonic flight has aroused the interest of many 
other Investigators. Puckett showed that the source integration method 
could be applied to study the wave drag problem (reference ii). Later 
Evvard extended this method to solve the lift problem of a finite wing 
of any plan form (references 12 and 13) . Heaslet, Lomax, and Jones 
extended Volterra's and Hadarnard's method to the supersonic wing problem 
(references l and 15) . Gunn applied the operational calculus to the 
same problem (reference 16). There are many other works, all of which 
cannot be mentioned in this paper. 
On the other hand, the basic concept of the Fourier integral method 
is quite different from the above methods. Instead of the concept of 
conical flow or simple sources and doublets, the present method considers 
along the direction of flight infinitely long harmonic source (or doublet)
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lines, the behavior of which is quite equivalent to the harmonic acoustic 
source (or doublet) in the sequence of time. Each of such source lines 
will send out a divergent cylindrical wave in the radial direction. The 
potential of such a wave can be expressed by the product of the source-
strength function and the Hankel function of the second kind. For each 
eigenvalue or frequency of the source oscillation, there is a corre-
sponding elgenvalue in the argument of the Hankel function. By means 
of the principle of superposition, an arbitrary distribution can be 
synthesized with such simple harmonic sources of different frequencies, 
if the frequency spectrum is a continuous one. The most powerful tech-
nique to serve such a purpose is the Fourier integral method. 
Now in the finite-wing problem, the boundary is considered as a 
source sheet rather than as source lines. Such a sheet can be built up 
by integrating elements of a source strip which is equivalent to a 
source line in behavior. 
The above simple physical interpretation may help to give some 
insight into the mathematical theory to be discussed later. 
The present paper first tries to give an introduction to Von Krmin's 
method in terms of the physical rather than mathematical approach. Then, 
the wave drag of a tapered sweptback wing is treated. This work is not 
a duplication of that of some other concurrent investigators, but rather 
a supplementary contribution. The next step is the lift problem. For a 
given angle of attack, on an arbitrary wing plan form, it is rather 
difficult to solve the integral equation analytically. But for a given 
lift distribution the downwash angle can be evaluated anywhere in the 
plane of the wingJ 
The method has a certain elegance. The complete physical effect 
of the arbitrary wing can be expressed in terms of one integral. The 
finite number of discontinuous points of the Fourier-Bessel integral 
gives exactly the right picture. 
This investigation was conducted at the Department of Aeronautics 
of the Johns Hopkins University under the sponsorship and with the 
financial assistance of the National Advisory Committee for Aeronautics. 
Due appreciation should be given to Misses V. O'Brien and P. Clarken for 
their assistance in carrying out the research. 
11n some recent unpublished Navy reports, J. D. Miles has obtained 
a solution of the direct problem, particularly for the rectangular wing 
tip with constant angle of attack.
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GENERAL THEORY OF THE FOURIER INTEGRAL METHOD 
Elementary Solutions 
In the three-dimensional, steady supersonic flow of a compressible 
nonviscous fluid, the differential equation of motion in the linearized 
sense is
(1) 
where the velocity potential 0 is defined by 
grad 0 = - UI ui + vj + wk, the disturbance velocity vector. It 
may be considered as a two-dimensional wave equation if x is conceived 
as time in the sequence of which the future can contribute nothing to 
the present. This can be shown clearly by introducing t
	
	
X 
(M2 - 
that Is,
Øyy + Ozz = øtt
	 (2) 
with the dimension in the flow direction being equivalent to time t. 
After this transformation, the velocity of propagation in equation (2) is 
unity. In this sense, equation (2) becomes the potential problem of the 
acoustic source and doublet in the y,z-plane In the sequence of time as 
pointed out by Von Krmn (reference 2). After this transformation, the 
wing plan form has to be readjusted so that the Mach waves are inclined 
backward at 1l 5° from the flow direction. As an example of transformna-
tion, figure 1 gives a sweptback wing in the physical and transformed 
planes. 
For a simple time-dependent harmonic source with strength cos A.t 
(where X/2ii is the frequency of oscillation) located at (r,O) in the 
y,z-plane, the elementary solution of equation (1) as given by Lamb 
(reference 17, p. 297) is 
Ø0(t,y,z; ,o) = Re[_	 etHO(2)(Xr)]	 (3) 
where r = Jy - ) 2 + z2 and H0( 21 (?r) is the Hankel function of the 
second kind of zero order. It is easy to show that the solution satisfies
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both the differential equation (2) and the given boundary condition 
cos A.t = Re eat. At very large values of Xr equation (3) becomes 
	
Ø0 (t,r) z
	
cos[X(t - r) - 
EI118n?.r 
the amplitude of which is inversely proportional to the square root 
of r. Physically, this represents the potential at the point (y,z) at 
time t due to a harmonic source of strength cos Xt at distance r 
from it. Such a disturbance potential is called a divergent wave. This 
disturbance propagates from the point (r,O) with a circular or cylin-
drical symmetry. 
Now if the strength of the source Is the real part of F(X)ei)t 
instead of just e1Xt, the potential must be also written as 
Ø0(t,y,z; ,o) = Re[_ F(X)eDtHo(2)(Xr] 
where
F(X) = F0(X) + LF1(X.)	 (5) 
with F0(-X) = F0(X) being even and F 1(-X) = -F1(X) being odd. It 
is understood that F(X) is a function representing the strength, 
amplitude, and location of the source line. 
If two such harmonic line sources of equal but opposite strength - 
the negative one located at ( r1,-/2 ) and the positive one at ( 11,/2 ) - 
approach each other, a harmonic doublet line can be obtained if 
lim F(X) = G(A.) is considered as a finite quantity: 
Ø1(t,y,z; ,O) = him [øo(t,Y,z; 4)_ Øo(t,y,z;
'2)]—3• 0
øo 
= him -
(2)	 z1 
	
= Re[	 G(X)etHl	
rJ 
	
(Xr)— I	 (6)
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where the doublet is defined as positive, and 
	
G(X) =
	
+ iG1()	 (1) 
with = G0(X) being even and G1(-X) = -G1(X) being odd. It is 
very interesting to see that this potential of the doublet no longer has 
cylindrical symmetry, but is antisymrnetrical with respect to the 
t,y-plane. The harmonic doublet line will be used for the wing lift 
problem.
Boundary Conditions in the Supersonic Wing Problem 
Let a flat body.or wing occupy a region in the x,y-.plane and a+ 
and a.. be the slopes of the upper and lower wing surfaces at (x,y), 
respectively. Both are small in comparison with unity and are zero 
outside the finite region occupied by the wing. Within the approxima-
tion of the linearized theory, the wing may be considered equivalent to 
the superposition of a symmetrical body and a mean-cambered surface. 
The slope of the symmetrical body is 
	
=	 - a-)	 (8) 
and the slope of the cambered surface is 
1 
	
al =	 (a+ + a. )	 (9) 
where a0 and a1 are considered at the x,y-plane. In other words, 
the effect of exact location of a 0 and a1 in the z-direction is 
entirely neglected in the future treatment which has been shown by 
,	 I.	 . 
Von Karinan to be consistent with the linearized theory for the flat body. 
From the above, the required boundary condition of the potential is the 
normal velocity to the wing surface which is zero; that is,
(10) 
In this case of a flat body, where the vertical velocity component pre-
dominates, equation (10) can be approximately expressed by 
= ()=
	
(11) 
z
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= ()_o = Uct_	 (12) 
where w and v_ represent vertical velocity components on the top 
and bottom of wing surfaces, respectively. Besides, at a distance far 
away from the wing in the upper stream, u = v = w = 0 if there is no 
other disturbance generated in the upper stream. 
Supersonic Flow about a Flat Symmetrical Body 
If a source line at (rj,0) is of any arbitrary strength with finite 
time t the potential can be built up with equation (4-) by means of a 
Fourier Integral as
flco 
Ø0 t (t,y,z) = Re I	 d[	 F(X)et(2)(Xr)]	 (13) L 
where U Is the free-stream velocity. The insertion of U in the 
source-strength function is purely for future convenience. 
The above integral and its first derivatives exist if the Lebesgue 
integral
IF(X,)I (2))J dX < 
The above condition is automatically satisfied, if the source with finite 
strength is in action for a finite time interval. Actually, equation (13) 
can be considered as the potential of a body of revolution. Sometimes, 
in conforming with the convention of the complex Fourier integral, the 
above equation may be conveniently written as 
Ø0 t (t,y,z) = -	 r(x,)eixtHo(2)(r)	 (i) 8J
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with the understanding that the path of integration of X is slightly 
above or below the origin in the complex. X-plane so that the singularity 
at X = 0 can be detoured. It can be verified easily because 
F(-X,r) = F0 .,r) - iF1(X,r1) = F(X,ij) 
/	 -i	 (2) (2)	 (2)!	 i)	 (2) Ho (-Xr) = H	 IXre	 = IL	 tre ) = Ho (Xr) 
where the bar represents the complex conjugate of the original function. 
Now, the above source line may be considered as an elementary strip of 
a source sheet in the t,y-plane of width dr with the above strength as 
the strength density per unit area. It is clear then that the, potential 
due to a source sheet built up by such strips is 
Ø0(t,y,z) = I:
oo 
Ui I 
=_--I 
U-co I: d(X,)etHQ(2)(r) (15a) 
For the convenience of the later development, f(X,,T1) = -
	
F(X,T1) is 
introduced into equation ( 15a ), and then 
floo 
	
Ui I
	 f(X,)etH0(2)(Xr) ,
	 (i) 
	
Ø0(t,y,z) = -- 
I	
dr	 dX 
U-co 
One thing should be pointed out. Owing to , the structure of the integral, 
the source sheet may be composed of a number of discontinuous portions 
in the y-direction, and, the source-strength function f(X,r1) may be 
different in different discontinuous portions, but it must be the same 
within one continuous portion of the source sheet. Of course, in that 
case, the integration with respect to 	 has to be broken up accordingly. 
Physically, this integral can give the potential not only due to one wing 
but also to a number of wings or flat bodies in the t,y-plane. There-
fore, it can be used to study the interaction between wings.
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• The preceding equation will be the disturbance potential of the wing, 
if the relation of the source-strength function Re f(X,1l)e1t can be 
identified with 0 or the thickness distribution of the symmetrical 
flat body. This can be obtained from the boundary condition. Differ-
entiating equation (15b) with respect to z, there results 
0 -
	 !	 r d I	 f(X,)etH1(2)(r)	 (16) 
z2 J	 J 
Now as z-40 the integrand goes to zero except in the neighborhood of 
= y. Let r = y + z tan 0; th1 = z sec20 dO, where 0 = tan-
	
Besides, H1(2)(A.r)	 2i/tA.r when Xr or r—+O. Thus equation (16) 
becomes
(øo" (w ) Z=+o =
\ciZ 
= 1	 -	 / det I	 f(X,y + z tan 0) 2i z2 sec 2e dO 
J12	
'r2 
= lixn U	 d)et /
	
Xf(X,y + z tan e)de 
z+O	 J/ 
r/2 
=	 I	 dX.etf(X 
it! 
Li—co	
/	 dO 
= U	 dXetf(X,y)	 (7) 
—co
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From equation (10), 
( w)_+o = U(cLo)z.....^O = U	 dAetf(X,y) 
or
a0(t,y,+0)	 dXetf(X,y)
- 
= 2f 0(X,y) C08 Xt + f1(X,y) sin	 (18) 
From the theory of complex Fourier transform, 
f(X,y)	 1 I	 -i)t = - i a.(t,y)e	 dt	 (19) 
J-
This means that, if the source distribution f(.,y) is chosen to be 
the Fourier transform of the distribution of the angle of attack, the 
potential 00 will represent the flow about the wing automatically. 
Since the angle of attack is zero ahead of the wing, it can be shown 
easily that equation (15b) satisfies the second boundary condition of 
equation (12).
Supersonic Flow about a Lifting Surface 
By means of the same argument as in the last section, the potential 
can be formulated for a doublet sheet of strength Re e i?tG(X, T ) from 
equation (6): 
Ø1(t,y,z) = Re	 X G(X,)eXtH1(2)(Xr)	 (20) 
where a constant, free-stream velocity U is introduced. In order to 
simplify the later development, further introduce
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= ixG(x,11) = g0(),i) - ig1 (?,i)	 (21) 
where, with equation (7),
XG1(, r) 
	
g0(Xi) =
	 (even)
8m'
(22) 
	
=	 (odd) 
8m 
Then equation (20) can be written 
Ø1(t,y,z) =	 (23) 
The above equation can be written entirely in the complex form 
Ø1(t,y,z) = m ?Ufd	 (2k) 
if the path of ). is chosen below X 0 in the complex X-plane, 
because
g(-X,) = g0(X,) + jg1 ,	 = g(x,)	 1 
	
_______	 (25) 
H1(2)(_X,r) = H1(2)(A.re_) = ll1(2)(Xr) J 
The path of X with Re X > 0 cannot be chosen in order to 
detour X = 0. In that case, 
	
111 ( 2 )(_Xr) = H1(2)(?.re) = _H1 ( 2 )(Xr) - 2J1 (?r)	 111(2)(Xr) 
which is impossible to reduce back to the original equation (23).
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In order to find out whether equation ( 211W) for the doublet sheet 
satisfies all the boundary conditions of the wing or not, first differ-
entiate it with respect to t. 
= m t	 = m'u = -m t Ui 1d
	 X d(X,1)e tHi(2) (r)	 (26) 
J_co	 J-.o	 - 
The above equation is identical in form with equation (16) if 
f(X,Ti) is replaced by -- g(X,). Therefore, with the same technique, 
it can be shown that, as z—*+O, r—y. 
flco 
1	 -mtU I 
	
(T)z +0
 - 2	
dXetg(X,y)	 (27) 
I_i_ 
Now in the linearized theory the .
 pressure coefficient on the wing 
surface is
-2u-2(øl\ C(t,y,--O)	
m'\t)z=+0	 (28) 
Thus, with equation (27), 
	
C(t,y,+o) = I	 dXetg(X,y)	 (29) 
With the Fourier transform,
11 
=	
i 
dteiXtcpt,y,+o	 (30) 
Jc0 
Therefore, if the pressure distribution along the wing chord is 
given, the doublet distribution function g(X,y) of frequency X/2 
can be obtained with equation (3 0 ) . The function g(X,y) is inde-
pendent of the pressure distribution of the neighboring chord. Further-
more, if x—.o in equation (30),
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g(O,y) =
	
dtcp(t,y,+O)	 (31) 
On the right side, 
J 
dtC(t,y,+O) is equal to one-half of the lift-
- 
coefficient distribution, --4---) at y. Thus, g(O,y) is equivalent 
to	 at y which has a physical meaning. 
Unfortunately, equation ( 23) of the doublet-sheet potential satisfies 
one of the boundary conditions on the wing, but does not satisfy the other 
required boundary condition that the potential and its derivatives must 
be zero far ahead of the body. In other words, the correct potential 
must be zero as t—J—o3. 
The potential of the doublet sheet at large ±t is investigated as 
follows. Introduce V = Xt into equation (23): 
Ø(t,y,z) = Re['U i: d
	
()e1vHl(2)(]	 (32) 
For very large values of t there can be written 
and
l	 Ø1(t,y,z) = l
	
Re[_m'	 z 
I - 
dg(O,) 100	 dv1 
t—± [
	 j 
	
___ 100	 t1co 
	
= 1	
I	
dg(O,) /	
Sfl V 
t±00 L 	 3-00	 do 
N 
=	
= ±21n'UJ	 Z_. dig(O,r)	 (33)
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where the negative sign corresponds to t =—o and the positive sign 
corresponds to t = . As x*(y,z) is independent of t, it satisfies 
* 
the Laplace equation L) X + ____ = 0 and can be added to 0, the 2	 2 
doublet-sheet potential, without an effect on the pressure distribution. 
It should be noted that the value of the potential function as t—
is 2X*. Hence X may be interpreted physically as the potential 
function of the downwash in the Trefftz plane. 
Thus, from equations (211. ) and (33) the complete solution of the 
present problem on supersonic wing lift is 
Ø(t,y,z) =
	
+	 = m'U	 d[2(0) -	 r
(314.) 
In the case where C is given, the above equation can be written, 
with equations (30) and (31), 
mtU I	 d	 dTCp(	 2 -	 r etT)nl(2)(xri T,,+O)[ Ø(t,y,z) =	 r	 j	 j
(35) 
Let ?r = v; then 
Ø(t,y,z) =	
j	
d j dTCP(T+0)[2 - f dye	 r Hl(2)(v)] 
(36) 
With reference 18, page 11o5, the bracketed term in equation (36) can be 
evaluated as
flco	 . 
(t-T) lv -r 2	 dye	 H1(2)(v) =
0
r 
14.	 t-T 
_________	 >1 
i/11r_2	 r 
V	 t_7)
(37)
f't-r 
I	 z 
I -dr
r
(t - T)C(T11+O) 
dT
-
A	 2m'U 
o(t,y,z) = (38) 
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Thus, if the vortex of the foremost Mach cone is taken as the origin, 
there can be written 
which is the equation of the potential in terms of the pressure coeffi-
cient on the wing. The value of Cp is zero outside the wing. Since 
the radical must be positive, 0 is zero outside the foremost Mach cone, 
as predicated by other theories. 
AERODYNAMIC BEHAVIOR OF SYMMETRICAL FLAT BODIES

IN SUPERSONIC FLOW 
As the disturbance potential for the symmetrical flat body in 
supersonic flow has been given in equation ( i5b ), with the Fourier 
integral method, the present section will show the expression for the 
pressure coefficient and the wave drag of various types of wing plan 
forms and airfoil sections. 
Derivation of the Expression for the Wave Drag of a Wing 
To the order of approximation of the linearized theory, the incre-
ment of pressure ip anywhere within the disturbance area is 
pU 
L\p=p-p0 =-pUu=-p0U—=	 (39) 
x 
where the relations x = (M2
 - i)/2t = m't and u = Oo/x are used, 
p and p are the local pressure and density, respectively, at the 
point (x,y,z), and p0 and p0 are the free-stream pressure and 
density, respectively. 
To find O0/t, equation (15b) can be differentiated as 
=	
=	
d	 XfetHO(2)(r)	 (ho) 
where O0/t is an even function with respect to z.
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Substituting equation (1 i O) into equation (39), 
pu2P zp(x,y,z) =	
, J	 dr J	 X df(A., rl )e1tIi0 ( 2 )(X.r)	 (1+1) 
If the pressure increment on the wing surface which is located 
equivalently at z = +0 is desired, r— 	 - Ti f and 
- p0U2 I d I X d f(, Ti )e tHO(2) (XIy -	 ( 2) p(t,y,±0)
- 2m' 
JcO	 J—cO 
If it is the wave drag distribution along the span D/y which is 
of interest, all the horizontal components of the pressure increment 
along the x- or t-direction on both the top and bottom surfaces over a 
unit span width must be summed up. Mathematically, 
()
= 2 Cpa,0.dx 
Yy 
where a0 is the surface slope of the airfoil along the line of con-
stant y as given in equation (18). With the expression for a0(t,y,+0) 
and Lp(t,y,+0) in equation (1 4-2), the drag distribution per unit span 
can be determined as 
_pU2 rdTi	 dO(2)(XIy1$)f(,Ti)	 rteit)tf(1,y) 
J_o,	 J—cK	 (i—co	 U-co
() 
where X t and y correspond to a0 . To evaluate the last double 
integral, write X' = -.X" and the double integral can be written as
(1.3)
NACA TN 2317
	
17 
	
)tf(xty) = P dt P	 (_dtt)e1_X)tf(_t1,y) P00 dt	 dXe
	
j_	 J_ 
	
= f
dt f	 ?ve1(X_X)tf(Xtt,y) -00 
where
f(-X",y) = f0(-X' t ,y) + if1(-X",y) 
= f0 (Xtt ,y) - if1(XT1,y) 
= 
is introduced because f0 is even and f1 is odd. From the complex 
Fourier integral theorem, 
	
2f(X,y) 
= I: dt I:	 ?tei(X_?!)tf(t?,y)	 (6) 
if the Lebesgue integral 100 " If(",y) < 00 exists or if f(",y) 
is of bounded variationi, in the neighborhood ? = x". (See theorem 23, 
reference 19, p. 14-2.) Substituting equation (14-6) into equation (14.14.) 
gives
(14.5)
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() = 2tpU	 dil 
LI	
(2)(Iy - 
= 2poU2 f 
di	
[(2)(xly -	 + 
- 
= 2p0U2	 d	 X	 fJoxI -	 ) [f0(X,)f0(,y) + 
f1(,)f1(X,)]+ Y0(Xy - I)[fi(,)fo(X,y) -
(17) 
where the relations 
- 
I) = llo( 2) (XIY -	 = J0(?y -	 - iY0(?y - 
= f(X.,T)f(X,y) 
are used so that the integration limit changes from 0 to 	 instead
of - to . The imaginary part automatically cancels out. 
Now, if D, the wave drag of the whole wing system, is desired, 
equation (17) can be integrated with respect to y: 
D	 r ()d = 2np0U2	 dy	 dil	 2)(x,y - t)f(,ii)f,y) 
= np0U2 I: dy	 d F dX J0(XIy - i)[fo(,)fo(X,y) + 
+ y0 ( y - I)[f1(x,)fo(,Y) -
(8)
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Now, as the wave drag D is independent of y and TL, it should be 
independent of the order of integration or of the interchange of y 
with ii. In carrying out such an interchange, 
= p0U2	 d	 dif X d{Jo(Xh - y) [f0(,y)f0(x,) + 
fl(X,y)fi(X,)]'+ Yo( X I - y)[f1 (X,y)fo(,ri) - 
This shows that the necessary condition D = D' is 
J_00d 
I00 dYI	
dXY0(Xy - ri I)[fi(X,y)fo(X,) - fl(X)f O(XY)]} = 0 
()4.9) 
This is one of the important relations that has been developed by 
Von Krmn. 
There is another way of evaluating the wave drag as pointed out by 
Von Ka'rnin. The total momentum transfer through a cylindrical surface 
of very large radius B which contains thewing in the flight direction 
must be equal to the wave drag, by means of Newton t s laws. Thus, 
fl00 
D=-p0 1	 dt I	 (50) 
LI-c0 	 JO	 rt 
which is the same as equation (1t.8). Applying equation (19), equation (1i8) 
can be written as
p00 
D = 1tp0U2 J -00
p00 
dyj d'qJ 
Li_co Jo
X dXJ0(Xy - I)[fo(X,T)fo(X,y) + 
f1(X,)fl(X,y)]	 (51) 
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In the case of a sweptback wing which is symmetrical with respect 
to the x,z-plane, f0(X,y) and f1().,y) are even functions with 
respect to y. To take care of this point, write 
D= PoU2 J dYidi Xd Q( X ly - l)[fo(,kI) fo(,I y I) + 
f1(X,I)f1(X,IyI)] 
= PoU2 	 dIj XdXJo(XI y
 - I) + 
Jo [X(y +	 [f0( X, )fo( X, IY I) + f1 ( x, rj )f1 ( X,IY I)] 
= 8p0U2 f dy f dr1 f X dX fJo( y - 	 + 0	 0	 0 
J0[x(y +
	
[f0(X,)fQ(X,y) + f1(X,)f1(X,y)]	 (52) 
where the limits of TL and y change as shown. Equation (52) will be 
used in the next section very often. If the span is finite (say that 
b is the semispan) and the airfoil sections are similar everywhere, 
equation (52) can be written 
D = 8itpoU2 I
 dY T drIS X dX[JO(XIY - I) + 
J0 [x(y +	 + f1(X,)f1(X,y)]	 (53)
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Wave Drag of a Tapered Sweptback Wing 
If the double-wedge profile is taken as the airfoil section of the 
wing as shown in appendix A, and equation (A8) is introduced into 
equation (53), there results 
D = 8p0U2 
jb 
dy 1b dTi	 X d	 - I) + 
J0 [x(y + r)]	 t2(1 - cos	 ')(i - cos	 Ti') cos X ( I y I - 
8p0u2(%')2 Pb
	 Pb	 flco 
= ______ I dyl di1I d 
Jo	 Jo	 tJo	
- TI) + 
J0 [x(y + r}(1 - cos	 ')(i - cos X)cos X(I y I - ITI) 
By definition,
	
b = ---	 - 
-i-	 Ti' =
	
- 
y-
	
a0 '	 a0	 a0 
ay' = a 0 '(l - v'y') 
aT' = a0 '(l - v'fl')	 j 
For details of the notation refer to figure 1 and appendix B.
(5)4.) 
(55)
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The wave drag equation can be written in another form 
p00 
8poU2(ao?)2(ao?)2 f	 dy'	 d' I	 - y ' ) o'] + 0	 JO	 Jo 
+ Yt)o}(_	 - cos	 '[2 +	 - y ') - 
+	
-	 - cos	 o'[2 -	 - i) - 
+ y')] } -	 - cos	 +	 - yt)] - 
- cos ['( - v')(' - y')]} + 
	
- cos Xao'[l +
	
- y') - V I Y t]} + 
- cos	
'[i -	 - yt) - v t y T]} + 
2L 
	
1 1i
 - cos xao'ri +	 - ye) - vt'1] + 2 
in - cos	 [1 -
	
- yt) - 
' 'i} - 
[i - cos	 o'(' - Ye)])
	
(76)
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With the known infinite integrals of Bessel functions as shown in 
appendix C, the integration in equation (56) can be carried out. 
______________ = r d	 r d[_ ! cosh' 2 + B(' - y') - v(i'	 - co_i 2 + B(' - y') - v'( + y') 8p0U2(a)2(ao')2 1J0
	
J	 [	 Y'	 + Y' 
cosir1 2 - B(T1' -y e ) - v'(i+ y') - 1 cosh1- 2 - B( T1' - y ') - v'(' + y') - 
11' -Y' 
cosh1 (B + v)(' - y') -	 cosh 1 (B * v') -	 cash' (B - v) -	 cosh1 (B -	 -	 + 
Ti, + 
!cosh_1 1 + B(Ti'	 - y')	 -v'y' !cosh_1 1+	 - y')	 -v'y' 1- B(Tl'	 - y)	 -v'y' +!cosh_1 2 + 2 + 2 ,	
-	 ,,
,	 +	 ,, ,,	 + 
cash1 1	 B(Ti	 - y')	 - v'Y' +	 cosh 1 + B(ii'	 - y')	 - v'tl' 1	 +	 B(ii'	 -	 ')	 -	 't1' *	 cosii-	 + 
cosh-1 ' -	 -	 . +	 OSh1
-	 -
-	 O1 B	 CO5h1 B] (57)
In all cosh- (A) terms, A must be positive. In order to carry out 
the integration, a transformation of the coordinate system may be intro-
duced as follows: Let u' =
	
+ yt	 v* =
	 - y'. Then, 
dy' th'
	
=	 du' dv t
 = du dv' 
(u' ,vt 
= 0, i = 0 .- u' = 0, V t = 0 
	
y t = 0,	 = b - u' = b, v' = b 
y' = b, r' = 0 —p u' = b, v' = -b 
y' = b, r' = b - u t
 = 2b', V = 0 
With this transformation, the square domain in the y',r' -plane will 
transform to a diamond-shaped domain (of twice the area) in the 
u t ,Vt 
-plane.
2
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8po()2(ao)2 _2[ cosh
1 ( * v) • cosh 1 ( - v') * cos1	
fb' 
du' 
f• 
dv(E COflh (2 -V'u' 
+	 - 
cOSh (a-.- - ') -	
(2 -vu - ) -
	
cosh (--- -	 -	 ( *v')v' - 
cosh	 -v')v'] [. cosh1 (2 - 2vb * v'u +
	 -	
8v' -
	 - 
cosh1 (2 - 2v'b' + v'u' - ) -
	
coslr-1 (b : !, - v') -	 :b:- :':' - 
1 cosh1	 - v')vl	 (2 - vu' •	 + --' + cosii1 [2 + (28 • v')v' - v' + 28' - U' J 2 L	 '	 2v'	 2/	 L	 2u'	 2 
(2 - VU	 * 8--' [2 - (28 - v' )v'	
-	 * * cosh1 (2 - vu' +	 -	 + cosh - 
\	 2v'	 2/ L	 2v'	 2J \	 2v'	 2 
[2 + (28 - v')v' (2 - vu'	 -	
-	 + cosh1 * cosh [2 - (28 + v')v'	 - * cOSh
L	 2u'	
- 2J	 \	 2v'	 2/ L	 2u'	 2 
2v'b' + vu	 +	
+	
* cos' [2 ±(2	 + v')v'	
-	
ij + cOSh1 (2_2v' , +	 -	
* 
fosh_1 (2_
1 r2 -(28 -v')v' vi	 _i2 -.2vb'	 * vu'	 v'\ _12 • (28'	 -v')v' * cosh vi + cosh - - +	 cosh	 +	 - - - - 
+ cosh	 [2	 *	 - * (cos i 	 cO:1 (58) cosh (2 -	
-
2b-
The details of the integration are too complicated to be given here. 
The result can be summarized in equation (59) which follows, where 
= f3 + \), 3] = f3 -- v', a = 1 — v'b', and. sin (A) = (sign A). 
if I A > 1. The upper line with 1 — 132 should be used, if 13 < 1; 
the lower line with 132 — 1 should be used, if 13 > 1: and the signs 
of all cosh	 terms should be reversed if 13 < •-l. The above rules 
should be also applied for	 and 13 k . Therefore equation (59) covers 
all cases except a few limiting cases: 13 = ± l, 13 = ±1,	 l = ±1, 
= 0, and 13	 03 (i.e., M -+ 1). These limiting cases will be shown 
in the next section. 
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(l')	
2(2- )1/2 '
	
-ii- L: )1/2 202.1 s;1I]2 L22 ::	 Ii ]0 1020 1 ,. .10._1 
(1 • 22•)2	 1 1 -1 02 • I'	 -	 ( - 2o,)l']l	 (o . 22l') 2	 08	 ' 	 -1 1	 (1 - 82)2. 
28(1 - 2o2) / _	 1 ' 21'	 L	 2(1 ' 2.1') J 2(2* 2)(1 - 2)1/2 (	 .1 22.1'	 La" .1	 22*2' 
(1	 F •21 08,2' - ,-1	 0 (1 - 22)2 ]	 (o ,	 .) 2	 2L!	 1'.1	 ( - 
28(2*' - 1) h/2 I	 ........ .i 2(lo ' 22(2*2 - 2 )1/2 [	 + 22*1'	 ' 
	
(1 - II' 2 f	 081_I' .1 •l+' F - (o - 212) 211	 ( - 2Bb)2	 f1 •2j2I' -	 -1 [ - (i - ,2)1'	
B 
22(1 - 212)1/2	 1 - II'	 L' 2(1 - 21') _i,f 2(81 * 22(1 - a2)1/2	 - 2212'	 L'	 -28.1' 
	
(1 - 21)2 1	 021 - I' - ll•1
	
- (i - 812)1 1	 (a - 281.1)2	 [	 0j-2l'	 -1	 (1 - 812)1 
22(212 - 1)1/IL	 1iT	 1	 )' - II') j 2 (81* l)(812 - 1)1/2 L	 - 2812'	 1	 - 252' 
	
- 222)2	 L1-1	 - . 1* 1 12 - )1_22)I.1],	 (2 '22222	 -1	 ,	 - 
2(2'. 8)(1 - 82)1/2 	 - 281'	 L	 l - 282 )J 2)21' 5)(1 - 22)112t
	
2*221' -
	 L	 2 + 222' 
	
- 252)2	 L,.1_ 2L,/'	 .10,2-1 2 - k_,i)^' ,	 (0 • 221'22	 F.10BI_ 1 !?,_ 210.21 5* 
2(5+0 8)()2 - 1) 1/I L	 0-281'	 2- 282' J 2(51* s)(22 - 1) h/2 L	 2.0)2'	 2.1281' 
20(1 '2*21/2	 .10-1 [8. - 
(1 - 2)] ? .1*1 { - (1 - 2*2)1] -	 1*1 [
	
(o -
	
.-1 + (1 - 202)2] -	 B1+ 2+) 
2v)2,2 . 1)h,2[
	
-	 2+2)1I -	 +O*2	 8* -
	
-	 8o ( - 2O2) I - 8IO2 +0.2-1	 ' (i - 2*2)1.1 
+ ),-.1( +,.11 
2*)] 
2v'(l 1
	
.1,-1 1 (12)l.] -	 ,1,1 [81 ( - 2*2)1] 0	 .1*1 1
	
- 512).] - 
r'8) .2+1 [81 - (1 - 212)1] 0	 .1,1 21) 
	
1)1/2[
	
81'	 1	 +ll	
21 (1_2)l.	
,0,l1 81 -(1- 512)02*.l'1 81 _(i_ 212)1l	 .:+01	 81)] 
2v'(l 821/2f ,b01 
[8 (2).1.] *2 .o.11 [8 - U82)I.]	 .l,1 [8 . (1- 22)1] - 
loll 
+.1 [8* (1- 22)1] 
+	 ?8, '5) .1*1 
2*(82_1)1/2[ +l.l' 8- (1-22)11. *2 0021-1 5	 o1_8)hI -	 00Bl	 2* (1-22)11	 2,+8 1+22_1 1	 (1-22)2' - (80 . 2)(;1 . 8) ++.I_1 22] ('9) 
where a, b, c, A, B, C, D, E, and F designate the terms to be 
used in the next section. 
	
For a given sweptback wing,	 > 1, = 1, or < 1 means the Mach 
line ahead, on, or behind the leading edge, respectively; i > 1, = 1, 
or < 1 means the Mach line ahead, on, or behind the trailing edge. With 
a fixed taper ratio, the trailing edge may be swept forward; 1l = -1 
means the sweptforward trailing edge coincides with the Mach line. 
Similarly, 3 refers to the midchord or the line of the maximum thick-
ness. At all f3's equal to Iii there occurs a discontinuity of the 
sloDe of the curve of the wave drag. In other words, curves for J3 
= 111 
are the envelopes of cusps of the CD/CD0 curves at constant 3.
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To demonstrate the use of these results, the wave drag coefficients 
of two families of sweptback wings have been calculated as shown in 
figures 2 and 3 with taper ratios of 0.2 and 0.7, respectively. The 
essential parameters are CD/CD0 , A tan A, and 3. The effect of the 
Mach number is contained in 3 = tan A/mt and CD0 =	 2/t the two-
dimensional wave drag coefficient of Ackeret. To use these curves, first 
fix the sweptback angle A and aspect ratio. Of course,
	 will have

to be chosen as 0.2 or 0.5 in order to use these graphs. Then, with a 
fixed A tan A, read off CD/CD0 at various values of 13 along the fixed 
abscissa. Replotting CD/CD0 against 13, the example shown in figure -, 
actually gives a family of swept wings of fixed A tan A. The curve of CD 
against Mach number can be plotted from the relation M = (tanl A)2 +1 
This is not given in this report. 
It is very interesting to note that (CD/CDo)max occurs when the 
Mach line coincides with the leading edge, 13 = 1, or the line of maxi-
mum thickness, 13 = 1. In figure 2 (a = 0.2), ( cD/cDO)	 occurs at 
13 = 1 for A tan A > 7.5 approximately, and at j3 = 1 for 
A tan A < 75. In figure 3 (a = 0
.5), ( cD/cDo)	 occurs always 
at 13o = 1 except for A tan A < 2/3. Also, CD/ CD0 increases mono-
tonically with A tan A at l3 = 1, 13 = 1, or l = 1, but decreases 
monotonically with A tan A for l = -l. 
Figure 5 shows 13 corresponding to o = 1 and P1 = 1 plotted 
against A tan A. This is needed for locating the cusp of the curve 
of CD/CD0 against , as shown in figure 1L• These curves are obtained 
from the relations:
= 13[l -
2(1-a) 1 
(1 + a)A tan A_I 
= 1+ 130	
13[	
2(1-a) 
(1 + a)(A tan A)]
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A few interesting facts can be drawn from figures 2 and 3, although 
the taper ratios are fixed at 0.2 and 0.5, respectively. First, if 
13 = tan A/mt = 0, M*oo for A 0, or A = 0 for M > 1. For A 0, 
CD/CD0 = 1 or CD = CD0 as indicated. For A = 0, 0 < CD/ CD0 1 
and the exact value of CD/CDO is indeterminate. As 13 increases 
from 0 to 1, CD/CD0 rises quickly with A tan A until it meets the 
curves	 = 1 and then varies with A tan A very slowly. At f3 = 1, 
CD/ CDO is extremely high. This means that the closer the Mach line to 
the maximum-thickness line, the higher the drag. As 13 increases 
further, from 1—oo, CD/CD0 decreases with increasing 3. This means 
that the closer the Mach line to the maximum-thickness line, the higher 
the drag also. 
If the sweptback angle is negative, or if the flow direction is 
reversed, the curve of CD/CDO against -A tan I A is actually the 
reflection of the present curves with the following changes: J3 
—9 -13,
= 1 —) 131 = -1, 131 = 1 -p 13o = -1, and 13i = -l---4 f3 = 1 if I3 
is defined as corresponding to the leading edge, and l as corre-
sponding to the trailing edge. It will be found that CDICDO depends 
only on Atan IAI and 1131 for the same wing whether it flies forward 
or backward. This confirms the reversed-flow-theorem in references 2 
and 5.
Special Cases of the Wave Drag Equation 
Most of the special cases of the wave drag equation are required in 
calculating the curves shown in figures 2 and 3 and therefore must be 
written down one by one. These special cases are based upon the taper 
ratio that is between 0 and 1. 
(a) As 3o —+1, expressions A and D in equation (58) take on the 
following limiting values while the rest of the equation stays the same 
except a=b=c=0.
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__________ ________	 ________ + A = (1 - vtb' + bi)2[(1 -	 - bI)l/2	 1 - Vtbt	 1/2 
2(v' - 1)
	
1 - v'b t + b'	 - v'b' + bt) ] 
(1	 - v t b' + 2b t ) 2 [(1 - v'b' -_2b'\1/2 (	 i - v'' 
2(v' - 2) - v'b t + 2b')
-
- v t b t	 + 2bt
D =	 3/2i -	 b' + b' )l/2 - (i - v t b t + 2bt ) 1/2] + 
2V' 
2V' - 1 (1 - bt)u/2 - 2(v' 	 1) (i - 2bt)h/2 +	 Vt 
v' - 1	 - 2	 (Vt - 1)(v t - 2) 
This case occurs when the right characteristic coincides with the 
leading edge on the right side. 
(b) Similarly, for 1i = 1, expressions B and E become 
B = (1 - Vtbt - bt) 2 l -	 + bt1/2 - (_ - V'b'	 1/21 + 
2(v t
 + 1)	 L\l - v'b' - bt/	 - V t b t - b'J j 
(1 - vtb' - 2bt)2[fl - v t b' + 2bt\1/2 + 1	 1 - Vtbt 
2(vt + 2)
	
-Vtbt-2bt)	 l-v'bt-2bt) J 
E =	 3/2[(l - v t b' - bt )l/2 + (i - v t b t - 2bt )1/2] - 
2vT 
2t+	 (i + bt)l/2 + 2(V+i) (1 + 2bt)1/2 + 	 Vt 
V t + 1
	 VT + 2	 (Vt + 1)(V' + 
2)1 
Here b = 0. All the other terms remain the same as shown in equa-
tion (59). This case occurs when the right characteristic coincides 
with the trailing edge on the right side.
(6o) 
(6i) 
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(c) When 3= 1, the expressions C and. F are 
= (a + 2b' )2 r a - 2bt\ 1/2 	 a	 1/21 
2(2 - v') [(a + 2b t )	 + (a + 2bt) j + 
(a - 2b' )2[fr + 2bt h/2
 / a 
2(2 + Vt) L\a - 2b'J	 - 2bt)] 
F =	 f3/2[(a + 2b' )1/2 + (a - 2bt )1/2] - 
2v'
(i - 2b' ) 1/2 + 2(1+v') (1 + 2bt ) 1/2	 1 2(1 - v')	 ________	 ________ 
	
2-v t	 2+vt	 (4_v12)j 
Here b.= c = 0. All the rest remain the same as shown in equation (59).

	
Cd) When	 = -1, A and D become 
A = B in equation (61), where
	 = 1 1
(63) 
D = E in equation (61)
	 J 
Here a = 0. The rest of the terms in equation (59) remain the same. 
This case occurs when the left characteristic coincides with the leading 
edge on the right side. This conforms with the reversed-flow theorem, 
= -1 - P1 = 1, if the flow direction is reversed. 
(e) When 131 = -1, B and E become 
B = A in equation (60), where
	 = 1 1
(614) 
E = D in equation (60)
	 J 
Here a = b = c = 0. The rest of the terms remain the same as given in 
equation (59).
29 
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(r) When 3 = -1, C and. F are the same as given above for 
13 = 1 with some rearrangement of terms and, a = c = 0. 
(g) When v' = 0, or there is no taper, 13c =	 = 13 and equa-
tion (79) becomes 
( )2[	 -3P	 co511	 - cOsh'l . _ i * 5 cosh-]-	 + -= 
c1,	 L2 - 1)V2	 2p 
I	 b'	 21' j 
r• ph')2	 _______	 _________	 ______	 _______ ___________	 p + 1'	 ___ 	 ___ _ 
2p(l - p2)1/2	
+	 - p2)1	 (1 * 221)2 f	 P * 21 -	 * (i - p2)b]l+ Si 
1*pb'	 2(1*Pb)]J
	 ()172L	 l*2pb'	 1+2p1' J
+ I (i + pb')2	 _______	 _________	 ______	 _______ 
[2P(P2 - 1)1/2[051
	
p + b'	
- cosh L +	 - p2)i Ii * ( 1 * 2pb' >2 [COOl_i IP + 2b'	 * cosh'1	 + (i - p2)1 Il-- phi 	 I	 2(1 * Pb')i]
	
2p(p2 - i) 1/2 L 	 Ii + 2pb'	 1	 2gb' 
[(1 - pb') 2
[
[
(i - p2)1 .11 
- 
______
(1 - 2p1')2 
________
*
P - 21'	
- 
_____
[ -
(i - P2)1]l 
______ 
j 2p(i- p2)1/2 1 - pb 2(1 - Pb)]J 22(1 - p2) 1/2
1 - 2pb' 1 - 2pb'	 J
+ (1- pb') 2 
__________ 
________
[22(P2 -
	 )1/2[COSh_1
Ip	 -1' 
II - cosh1
(1 - p2)b	 ii 
-
(1 - 2pb') 2 
___________ 
________
___ __
+ J	 2P(P2 -
	 )l/2 [cOShl P - 21' ______ _ _ + c05h 1 p - 
(i - p2)b. 
______ 
___ _ 
Ii - 2pb' 1 + 2pb'
[	 L15-1 [ * (i - p2)b'l - Sin- i	 + (i - 22)1] + sini	 - (i - 2)b.] - sin_i	
- (i - P2)b]I 
2P(1 - p2) 1/2	 L	 2 
i	 [-i	 + (1 - p2)b' + cosh1 i * (i - p2)11 - cosh1 J - ( - p2). * cOsh1 i - (i - P2)11] + 
[p(p2 - i) 1/2 [	 I	 2	 I	 2	 I 
P	 1+251 
f(1 - p2)1/2	
- (i -	
- sin-i [ * ( - 2)1
	
* (i - p2 ) 1/2b1 - 2 Sin-i	 -	
- p2)1/2111 2 J 
I 1 '	 _________	 _________ L2 - 1)1/2[_c0511 l - (i - 2)b * cosh1
	
* ( - 2)b. - 2 conh
	
*	 - p2)j * 2 co Bb_i	 -	 - p2)1/21. ] + 
(b') 21 
- p2)1/2 [ [(2 * ph') 2 - (1)21
	
-[(2- pb')2 - (1)2] 	 * [ * 1') - (b , )21	 + [ - pb')2	
1/ 
1/2 r
	
1/2 r
	 1	
1/2	 1/2') 
[(P2 _1)1/2 f[2*pb')2-(,)2] 	 * [(2-pb')2-(b.)2]
	
- L(1.*pb')2-(1)2]
	
-[(1-pb')2-(1)21 
The above equation is in accord with the results given in reference 2. 
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(h) If M 
-i 1, J3 -+ ±0o as A is positive or negative. By 
definition, p = b/ao, v'b' = vp, w = p tan A, ' = p tan A0 , and 
= p tan A1. 
	
i-VU 1	 CD 1	 w 
V -3log--------+-iog—+-log--iog2+
	
w	 2	 a	 2	 w 
/2+2CD_U0liU\Dl+CD'+a,\2/ 	 1VIC +	 1+CD\ 
	
\l+w/ log	 l+CD )] 2L+)(	 )ç_lo1+	 1+CD+j log	 1+ 
if w	 + U) + CD]\2(	 1 -
	
+ log 1 + CA),	 + 1	 )2(log	 CD,	 i\ 
	
CD	
)\_1og1U)	
1+w+cA),)	 i-CD
\/1-u-u 2 	 1-u) 
) 
(_io	 1 - VU	 + log	 °	
) *
	
cDi(1 -
	
- u+\2I
-	 + 1 -	
+ log l-w-% 1	 CD-u	 2CD+u>1 U), 1 1-CD-u)1	 CDUA),) 
Ci - VIA)2 Log	 +
u)	
]
- log	 l ^ + (1 - VIA)2[log l + _-'+ log (1 -
+ 
2vj,uu,	 L 2(1 - v) 1 V1C J 2VIAU) i -VIA) '	 l-W 
i i+iog(l u)+%-2v1A\ (lVIA)2[log[l 2vIAw1 \
1	 [(l_)iog( +
w 2 )D+CDo	 )lo(l)]^ 
[( +_ v fu)+w0+vIA\ log(l-CD)+	 log(i+CD) 14V)CU	 1 (0+))), CD+W	 / 
u +	 \ 
) 
log
2+u),) 
(
(U) + u>l +	 VIACU 1	 )log(1+u) + 1	 i	 1 
-	
______ 2w CD 2 w + a	 /	 w(CD +
+
(66) 
There are a number of other limiting cases such as
	
+ J3 = 0(A0 = -A) and 3 j + 3 = 0 (A1 = -A) which are also' required in cal-
culation. If a = 0 and	 = 0, equation (9) will give the wave 
drag of the triangular wing which checks with Puckett t s results. Owing 
to limited space, they are all omitted. 
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AERODYNAMIC BEHAVIOR OF A WING WITH A 
GIVEN LIFE DISTRIBUTION 
From the section Supersonic Flow about a Lifting Surface, 
g(X,y) =i: d.t e_tcp(t,y,+O) (30) 
Thus, when the pressure-coefficient distribution C(t,y,+0) is given 
on the wing plan form, g(X,y) can be obtained with this equation. 
Consider a tapered sweptback wing with a constant lift distribution 
C(t,y) = Cpo 
-b y b 
- a0 '	 t 
where	 and 1i are defined in figure 1. Thus, at any y within 
the span,
r1IYIao' 
	
1 I	 -ixt g(A.,y) =	
I	
C0e	 dt 
IJ Q yI-ao' 
= iC0ix(11ylaI) - e(I
	 (6) 
2itX L
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As A. - 0, g(0,y) can be evaluated as 
c 0 f 	 i - 
g(0,y) = —(a0
 -	 tyl 2 
Substituting the above equation in equation ( 2 11W), there results 
-m'U	 dq	 f(a	 - l •\ w(t,y,+O) 
=	 2	 I	 - ) 2 L	 ° -	 2	 1 111) + U -b 
I y	 ru	
rico 
-	 I	 Cpo r_ix (1I y I +ao t) - I	 dA.	 le 
2	 2irXiL 
tJ -
iXt (2) e_01YI_a0te	
H1 (XIy - 
- _mtUC0	
di 2 f(aot -
	
- 13i 
'\ 
-	 2it	 I 2	 I ruI-
J-b	 L 
r dX [ -iX(1IyI+a0 ') - Iy -
J-oo
iXt (2) e0Ia0e	 H1	 (xIy -
33 
(68) 
(69)
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With the aid of appendix C, the infinite integrals can be evaluated 
and
Pb 
	
- _cptU I	 [ ___ _____	 o-j v(t,y,+O) = _______	 ________	 _______ 2	 (	 )2 I(aot -	 2 
Lb 
y T	
- 
	
I	 + 0, t1 -	 Ii - Iy-1 
2	
- iII + 2(t1 _.iI)2 - ( -
•, t1 .plI T t	 y-I 
	
-	 I y -
- 
l y - iii 
2	 ______________________________ 
Ito
 - oi	 2(t0 -	 l)2 - ( - 
[ t y - - ______________
(70) 
to
 -	
^ t - 
where to = t + a0t, t1 = t - a. Only one of the two expressions 
holds for the range specified in the bracket.
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If the integration of r is written from 0 to b only, 
-00mtU rb	 f2aot - (
o - i)	 2a0t - (
	
- 
w(t,y,+0) =
	
di 
Jo	
(y -	 +	 (y + 
[2aot - (o -	 + 2a0t - ( o - 
L	 (-)2	 (y+)2 
2.j(to
 - ohl)2 - ( - )2 - 2(t 0
 - oh1) 2 - (y +
+ 
(y-) 2	 (y+)2 
2 (t1 - i ) 2
 - ( - )2 + 2 (t 1 - i ) 2
 - (y + )21 
(y-T) 2 	 (y+)2	 J 
- _C0m'U 1b r
y(to - o) 2 - ( y - -
 2	 J L	 (-)2 0 
(t1 - l) - ( -	 +	 (t0 -	 )2 - (y + )2 
( y -) 2	 (y+)2 
(t1
 - i ) 2
 - (y + )21 
(y+)2
(71) 
where to - t1 - 2ao t is used so that the first terms cancel out.
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Now, carrying out the integration with respect to Ti, 
ComtU 
w(t,y,+O) =	 [_(A - B) + (C - D 2it 
where
rb 
A =
	
dr	 (see table I) 
J	 (y-i)2 
im _______________________ 
dr B 
= J	 \K1 - lh1) 2 - (y - Ti)2 (see footnote, table I) (y)2 
=	
J(t -	 )2 - (y + 
c	 (see table II) 
Jo	 (y+Ti)2 
D	 -dq	 (see footnote, table II)	 (76) 
=	
\(t1 - i ) 2
 - 
( y + Ti)2 
(y+i)2 
The present treatment is equivalent to considering two hypothetical 
wings. The first one is of constant positive lift distribution (cr0 is 
an assigned constant) starting at the leading edge and extending down-
stream to infinity with semispan b. The second wing is of constant 
negative lift distribution (cr0 is an assigned negative constant)
(72)
(73) 
(714.) 
(75)
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starting at the trailing edge and also extending downstream to infinity 
with semispan b. The superposition of both hypothetical wings gives 
the aerodynamical behavior of the actual wing. 
Integral A, equation (73), gives the contribution of downwash due 
to the right-side area of the first hypothetical wing in the forward 
Mach cone of the point P(t,y). Similarly, integral C, equation (75), 
gives the contribution for the area on the left side. 
On the other hand, integral B, equation (711 ), gives the contri-
bution of the right side of the second hypothetical wing. Similarly, 
integral D, equation (76), gives the left-side contribution. 
As far as the limits of the integrals are concerned, each holds 
for within the limit 0 to b, whenever the integrand is a positive 
real quantity. However, for many locations of P(t,y), the integrand 
is positive only in a much narrower range of r than the interval (O,b). 
In order to determine the valid range of the integrals and their respec-
tive values for all possible locations of F, tables I and II are given. 
The corresponding values of the integrals for the different cases are 
given in the right-hand columns of the tables. 
Take table I as an example. If the leading edge is subsonic 
( 3o >1), the lower limit of r is always zero because the forward 
Mach cone at P always intersects the wing center line within the wing 
area. When o >1 the upper limit of 11 is given in the upper half 
of table I. Condition 1 concerns the location of the point F, which may 
be ahead of, on, or behind the leading edge, while condition 2 concerns 
the right intersection of the forward Mach cone of P with the leading 
edge, or side edge. Under both conditions 1 and 2, there are six 
possible cases. The upper limit of r is given in each case, and the 
value of the integral A is also given accordingly. 
If the leading edge is supersonic (
	
<1), the integral A exists 
only when the point P is behind the leading edge. In particular, 
both the upper and the lower limit may vary within the interval (O,b),. 
The condition for the lower limit depends on the intersection Of the 
left side of the forward Mach cone of P. It is zero when and only 
when the intersection is on the center line of the wing in the wing 
area. If the intersection is on the right-side leading edge, the lower 
y-t 
limit is	 as indicated. The condition for the upper limit 
1 - 
depends on the right-hand intersection of the forward Mach cone of P. 
If the right side of the forward Mach cone cuts the leading edge within 
t0+y 
the span, the upper limit is	 ; otherwise, the upper limit of 
1 + 
is b.
38	 NACA T1 2317 
The tables for the other three integrals can be explained similarly. 
Figure 6 shows four typical cases concerning the integral limits. Fig-
ure 6(a) shows the forward Mach cone of a point P(t,y) that lies only 
in the right-side area of the wing. Therefore only integral A exists 
and all the other three integrals are zero. Since the leading edge is 
to + y 
supersonic (L30 <i), the upper integral limit is
	
	
. It belongs
1 + 13o 
to integral A-9 as indicated, according to table I. Figure 6(b) shows 
the forward Mach cone covering both the left- and right-side areas of 
the wing. Thus, only integrals A and C exist. The integrals are indi-
cated. Figures 6(c) and 6(d) can be similarly explained. 
Although the lift distribution of the wing with supersonic trailing 
edge is well-known, the d.ownwash may be interesting to explore. Fig-
ure 7 shows three infinite half-wings with trailing edges at 17°, 300, 
and 14.50 from the leading edge which is normal to the direction of flight. 
This is shown in the t,y-plane, or the x,y-plane with a Mach number. equal 
to \J	 A negative infinite downwash always occurs at the tip. The 
curves are plotted as 2lrw(y/t)/mtCp0U against y/t. As' is known, 
C 0 2ct1/m', where a is the angle of attack of the wing; therefore, 
can be plotted against y/t. Between the tip cone and the wing 
the downwash is constant but increases with increasing trailing-edge 
angle. Owing to the conical flow, the downwash is identically the same 
along the radial lines expressed in the conical coordinate y/t. The 
above curves were calculated with equation (72) and the tables for' 
integrals A and B by setting 	 = 0; l = tan 15°, tan 30, and tan 	 1i50; 
and a0 t	 0. (Here t	 to = t1.) 
Figure 8 shows a wing tip of unit chord with a raked angle of 30° 
for three values of t. At t = 0 .5, it behaves exactly the same as 
the 300 case of figure 7(b), but at t = 1 .5, it is quite different. 
Two infinite downwashes occur, one at the center of the leading-edge 
tip cone, and the other at the center of the trailing-edge tip cone. 
The former remains negative, the latter positive. Outside the two tip 
Mach cones, the d.ownwash is identically zero as predicted by the two-
dimensional theory. The above calculations can be made from equation (72) 
and the tables for integrals A, B, and C by letting	 = l = tan 30° 
and a0' = 0.5. (Here t = to - 0.5 = t 1 + 0.5.) 
As another interesting example, the downwash distribution near the 
nose of an infinite constant-chord sweptback wing is calculated (fig. 9). 
The leading edge is swept back at 300 but is still supersonic. The 
downwash at different locations on the span is plotted along t. In
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2 \Jl_3	 w( t ' this case, the curves are plotted with _________ ' _' 1
 against t 
a.1	 U 
2a.1 
at different values of y where C =
	 ________ is introduced. 
m'sjl - 
At y = 0, the downwash angle reaches the maximum value (0.8165) 
at a single nose point and remains zero along the chord up to the 
trailing ed-ge. There the downwash angle is negative and equal to the 
maximum value in magnitude and recovers to zero downwash downstream. 
For instance, at y = 0.14, the downwash angle is constant in the super-
sonic region, and drops down under the influence of the nose Mach cone. 
At the trailing edge, the downwash angle drops to a negative value 
abruptly and continues to decrease until the trailing Mach cone is 
reached. The drop of downwash at the trailing edge is exactly equal to 
the downwash angle at the supersonic leading edge. Further along t, 
the downwash angle rises again and becomes asymptotic to 0 as t —f 09. 
The same can be applied at any value of y until the nose Mach cone is 
off the trailing edge. 
Of course, it is very difficult to build a wing with the angle of 
attack as required by the constant pressure distribution. But by the 
present method it is so simple to calculate the downwash distribution 
anywhere in the plane of the wing that it will surely afford many 
applications if the trailing edge is supersonic. With a given pressure 
distribution, it is easy to calculate the sidewash; however, the details 
are omitted here. 
As another example, the downwash of a finite triangular wing with 
a 60° sweptback angle is calculated. Figure 10 shows the downwash dis-
tributions at different values of y. Figure 11 shows the downwash 
distribution of a tapered sweptback wing. The taper ratio is 1/6. 
Figure 12 shows the downwash of the same sweptback wing far downstream. 
It is very interesting to examine the effect of different Mach cones 
on the downwash. One important feature of the subsonic leading edge is 
the infinite downwash angle. As before, the above curves are calculated 
with equation (72) and- the tables for integrals A, B, C, and D. 
The present approach to calculating downwash of a wing with constant 
lift distribution cannot be applied to wings with subsonic trailing 
edges, because the Joukowski-Kutta condition must be satisfied at such 
trailing edges. In order to investigate the case with a subsonic 
trailing ed.ge, it is necessary to assume the distribution of the pressure 
coefficient drops to zero at the trailing edge.
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The preceding discussion just gives some cases with simple pres-
sure distribution along the chord to demonstrate the application of 
the method. Of course the method is not limited to these cases alone. 
The Johns Hopkins University 
Baltimore, Md., November 4-, 1949
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APPENDIX A 
FOURIER TRANSFORM OF TUE SLOPE DISTRIBUTION ON AN AIRFOIL 
As an example of the slope distribution on an airfoil, the Fourier 
transform of the slope on a double-wedge airfoil is calculated. 
z
-a0'
-x 
_H'	 a' b to
a' 
The accompanying figure shows the shape and slope of a double-wedge 
airfoil on a sweptback wing at a distance y from the center of the 
wing span. The slope distribution is as follows: 
a.(t,y) = 0, t <t0 (y) - a'(y) 
a(t,y) = a0 '(y), t0(y) - a'(y) .<t
(Al) 
a(t,y) = -cx0 '(y), to <t <t0 (y) + a'(y) 
ct(t,y) = 0, t >t 0(y) + a'(y)
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where a., a0, to and. at are functions of y in general. Sub-
stituting equation (Al) into equation (19), it yields 
f(X,y) = f0(X,y) + if1(X,y) 
= t; i: a(t,y)e_lt at 
a.0t P0	
-iXt	 a. at---2-- j	 eXtdt 
=;-/ 2n 
ut0-a	 Jt0 
'no 
=	 eXto( I	 dT -
	
eXT dT)	 (A2) 
2it	
\ti-a'	 Jo 
where t = to + T is used in substitution. It is easy to show that 
O	
-it0 (i - cos	 ')	 (A3) f(X,y) =	 e itX 
f0(X,y) =	 sin xt0(i 	 cos Xa') (even with respeôt to x)	 (A') 
f1(,y) =	 cos xt0(i - cos Xa') (odd with respect to X	 (A5)
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For a rectangular wing with constant airfoil section, where a0t, 
to, and a' are independent of y in the span, equations (A 1 -) and (A5) 
reduce to
f0(X,y) = 0 
-	 (1-cosXa') f1(X,y)	
itX 
if to is chosen equal to zero. 
For the case of a straight tapered sweptback wing, as shown in 
figure 1,
a0 - vIyI 
a'(y) = ________ 
t0(y) 
= IyI 
= ' independent of y 
For the details of the definitions of the different parameters, refer 
to the figure. Then, 
f0(X,y) = - sin (Iy I)(1 - cos Xay') 
f1(X,y) = - cos (xIYI)(l - cos	 )	 }	
(A6)
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-co'	 -iA43y	 o'	
--ii 
= [	
e	 (i - cos XaY1	 e	 (i - cos Xayi)j 
2	
1W(i - cos xay ')(i - cos Xat) 
= ____ 
= (a0')21 -
	
-	
') cos	 - hi) - 2x2 
I sin '(I y i - hi)1 
= [f0(X,yfQ(X,	 + fi(x,y)fi(x,)] + i[fi X,YfO X,	 - 
fo(X,y) fi ( x,1]	 (A?) 
Therefore, separating the real and. imaginary parts, 
f0(X,y)f0(X,r1) + f1(X,y)f1(X,TI) = 
(ao')2	
- cos	 - cos	 cos x(y - ii)	 (A8) 
+ fO(X,y)f1(X,TI) = 
Now,
(at)2 
22 (i - cos Xay')(l - cos Xa') sin x (l y i - ii)	 (A9)
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APPENDIX B 
SYMBOLS 
a	 velocity of sound 
a0 	 half root chord 
a0 ' = a0/m' 
at	 half tip chord 
at ' = at/rn' 
ay	 half chord at	 (a0 - v b'l) 
ay' = ay/rn' 
A	 aspect ratio ( 2b 
+ at 
b	 half span 
=	 = +a A tan A 
a0 '	 23 
CD	 wave drag coefficient 
CD0	 two-dimensional wave drag coefficient (14<;)2/mt) 
CL	 lift coefficient 
C	 pressure coefficient 
c 0	 two-dimensional pressure coefficient or assigned pressure 
coefficient 
D	 drag
NACA TN 2317 
F(X.,Ti)	 distribution function of the harmonic source (complex); 
see equation (7) 
f(X,q) - -	 F(X,r) - 
G(X,r)	 doublet distribution function (complex); see equation (7) 
= iXG(X,i) 
g( X,i)
8m' 
Hrj(1)( )
	
Hankel function of the first kind of zero order 
Ho(2) ( )	 Hankel function of the second kind of zero order 
H1(1)( )
	
Hankel function of the first kind of first order 
H1(2) ( )	 ilankel function of the second kind of first order 
Hl(2) ( )	 conjugate of ll1 (2) ( ) (j1( ) + iY1 ( )) 
j0 ( )	 Bessel function of zero order 
j1( )
	
Bessel function of first order 
M	 Mach number 
= M2
 - 1
unit vector normal to solid surface 
p	 pressure 
p0	 free-stream static pressure 
velocity vector
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li-7 
r =(y -	 + z2 
t	 longitudinal coordinate in transformed plane (equivalent 
to time in supersonic case) (x/m') 
to = t + a0' 
t1 = t - a' 
U	 free-stream velocity 
u	 velocity component in x- (or t-) direction 
v	 velocity component in y-direction 
w	 velocity component in z-direction 
x	 longitudinal axis 
y	 spanwise axis 
y' = y/a0'
y0 (	 ) Bessel function, of the second kind of zero order 
y1 (	 ) Bessel function of the second kind of first order 
z vertical axis 
a. angle of attack 
angle of attack of upper surface of airfoil 
angle of attack of lover surface of airfoil
slope of upper surface on symmetrical airfoil 
angle of attack of cambered wing 
tan A
= tan A' 
mt 
= 13 + v' 
NACA T1'1 2317 
=	
- VI 
A	 angle between midchord and. y-axis (x,y-plane) 
A'	 angle between midchord and y-axis (t,y-plane) 
leading-edge sweepback angle (x,y-plane) 
A1 	 trailing-edge sweepback angle (x,y-plane) 
source location along z-axis 
TI	 source location along y-axis 
e=tan- -y 
z 
oscillation frequency of continuous spectrum 
= b/ao 
a0
 - at 
b 
V	 1-a 
V I =_= b 
source location along x-axis (t-axis) 
p	 density 
p0	 free-stream density 
a	 taper ratio (at/ao) 
T = 
0	 velocity potential 
* 
X	 potential in Trefftz plane 
U) = i tan A
= .i tan 
= .t tan A1
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APPEIJDIX C 
INTEGRALS FOR USE IN TEXT 
The following integrals are those which are used often in the text 
and many of which are not available in the ordinary handbook. In the 
first 13 formulas, the upper line corresponds to 13 < 1, and the lower 
line to 13>1.
I________ 
fdu s1n1 ( 
-1	 8in (
	
I (i - p2)1/2 cosh t [B t (1 - B)2 U] 
	
K	 ) +
I	 1K 
L2 - ,)1/2 sin [ ; (p 2 - 
-Tic 
fdu sln' (
	
(i - 2)h/2 cosh [(i - p2)U ± 
	
-'(B	 )+ + - I = u sin U,
I	 1K 
L(B2 - ,)1/2 8in1 E(p2 - 
tic 
fdU cosh1 (
	
= U cosh1 K 1
	
[(1 - B2)V2	 [B ± (i - p2) 
	
(	 )+
-1K 
[(p2 - ,)1/2 cosh 1 B	 (p2 - 
r	 1K 
1 (1 - p2)1/2 sin
	 (1 p2± B] 
	
- I = u cOsh (B
	 ) + du cosh' ( 1	
LB2 - ,)1/2 cosh' [(p2 - 	 B] 
U,
I__________
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I	 K2	 r 
du	 (; B)	
2(1 - B2)3/2 t 
cosh [B ± (1 - B 2)] +	 ± (i - B2)	 - 
U2	
-1 
=--sin	 ( . ; p) + •
K2	 LB sin l	 (B2 - 1)	 - 4i - [B (B2 - 
L2(B2 - 
_K\_u2 B + —1+ fUdUs1_1(B+)_s	
uI
iç2 
2(1 - B2)3/2 {B cosh [(i B
2) ± B]
	
[(i - B2) + 2 - 
K2 
2(B2 - i)3/2 [B sln' [(B2 - 1)	 B] ±	 - [(B 2 -	 - B]2 
du cosh1 ( ; B) =
	
cosh1 (K ; B) + 
I	 K'_u2 Ju du cosh	
+	 -	
cosh1 (B
	 +
K2	 I-
2(lB2)3/2t[(1B
	
1_[B±(1B2)2} 
K2	 r 
2(B2 - i)3/2 tB cosh 1 [B ; (2 -	 +	 ; (1 - B 2	 - 
K2 
2(1 - B2)3I2f sin [(i - 	 ± B] ± 1 - [(i	
2 U + ] 2j 
________	
- B ) - B 
K2	 L cOsh [(B2 - 1)	 B]	 (B2 -2(B2 - )3/2
I 
j
2(1 - B2)3/2	
± (i - B2) 
fdu	 - (K	
(B2 - i)3/2 [[B ; (2 - 
I______ 
-[B;	 K] 
f
duu2
 - (pu K) 2 =
K2	
- B2)± B][(1 - B2)t B]2 -1- cosh [(
	
B]}1 - B2 ± 
2(1 - B2)3'2 L	 K 
K2 
2(B2_1)3I2{	 1[(B2_1;B]2+sin_1[B2_1)B]I
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[ tK2	 ± (1 -	 - [B ± (1 -	 + sin k
 [ ± (1 - 
Idu
	
	
12(1 B 2)3/2 L 
(K Bu) 2 - u2 =
I (2 - 1)[B
	
- )U]2 -1 - cOsh [B
	
(B 2
 - [2(B2-)3/2 [L 
K2 
fdu (Bu K)2 -
	
1-2)3/ [1 - 2)	 ]	 -	
-	 B]2 + Sin [(' - B 2) ± B]] 
=	 ___________________ 
K2 
	
[2B2-)3/2 {B2 - )
U 	 [(B2 - 1)
	
B]2 - 1 - cosh [(B 2 - 
21 r du	 B) coshl (B) -	 -ij = L'
	
	 _______________ 
t(2
sin-i L; ± (i - B2)] +	 -Ku 12(1 - p2)1/2	 2(1 - B2)h/2	 - [B t (1 - B2) 
(K ;
	 cosh ( ; B) +
I	 K2
cosh- [
	
- i) j +	 - Ku 
[2(B2- i) h/2	 2(2 - )1/2 E	 (2 - )2 - 
(a >b) 
I	 a J0(at)(1 -cos bt) dt =
osh1 b	 (b > a) 
t
1b (a>b) 
J1(at) sin bt =
	
-	
- 2	 (b >a) 
Jo
[a	 (a>b) 
fJi(at)(i - cos bt) = -
	 -1	 b (b - b2 - 2)	 (b >a) aOh 0	 2
(a>b) 
J	 Y(at) sin bt =	 ( > a)
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f
1 sin 1	 (a ^ b) i(
	
Y(at)(1 - cos bt) =	
s	 [c0sh1 (b4	 (b a)
	
0	 aj 
	
Co	 (a>b) 
	
Y1(at) cos bt 
=	 b2a__a2 (b > a) 
	
ro	 (a>b) 
Yi(at) sth bt = 
1 bb2
 - a2 - a2 cosh'	 (b > a) 
	
L (	 a, 
2s+2 (2s - 1)a 
z28(a2 - z2)h/2 dz 
= 5( + 1)'(s - 1)' 2 
0
0	 (a>b) 
	
- cos bt) 
=	
b2 - a2	
(b > a) 
	
r	 (t1 - i ) 2 - ( - 
	
________________	
t1-1T 
	
= - + P1 cOsh l	 +	
l - PlY 
	
j	
( - )2	
=	
[2 - 1 cosh1 (
i2 -	 + Y - 1t1 
y -T
[	 -	
sin-1 (i2 - i) + y - 
- 
	
- ( + )2	
cosh1 (
i2	
-	
+ 
( + )2	 Jv.2	 = -	 - P1 cosh	
1 -
	
ti + Ply 
+ 
I	 __________________________ (2 -	 -	 + 
	
L- -
	 t1+P1y 
	
In the last two formulas, use upper line if 3j > 1, lower line if
	 < 1. 
Similar integrals for 3o are obtained by substituting to for t1, 
o for
NACA TN 2317
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TABLE I
INTEGRATION LD4ITS OF
	 AND CORRESPONDING VALUES OF THE INTEGRAL A1 
o >	 (The lower limit is always zero.) 
ConditIon 1 Condition 2 Upper limit Integral A 
i to > t-y ty -	 cosii	 +	 J02 - 1 coahl Y - 
-1 ol y
-	
cos'	
+	
-1 cosh1	
-	 - 
t0-y to y	 -	 oy 
2 to >	 oY
-1 -
4(t0 - B0b) 2 - (y - b)2	 to -
	
0b	 (2 - l)b + y - 
-	
cosh -1 y-b	 y-b	 to - 
3 t0=y y<b y 
4 to	 0y y ^ b b 
7 to < oY <b t0 +y Jto2 -	 +	 -1 to	 2 - 1 cosh1 y -	 oto 0 cosh	 —+ 
o1 o+l y	 y	 t0-0y 
4t02 - y2	
-1 to	 2 - 1 cosh-	 -	 - + 0 cosh	 -±	 ______ 
Y	 t0-0y 
6 to < 0y 2_^b b
cosh1 to -	 0	 -	 cosh' (2 - 1)b + y - , Y-b	 y-b 
< 1	 (The integral exists oniy then
	 to
 > 
Condition Lower limit Condition
Upper 
limit Integral A 
y-t0
0 0 t0+y —<b t0+y -	
2+ 402y_	
cosh_I+g1 -
	 02i-lY	 oto 1	 Y2	 __ _____ +	 ________ i+o l+ to -
	 oY 
t02 -	 1	 +	 l -	 2 sinl y -	 OtO -	 (t0 -	 0b) 2 - (y - b) 2 - ±	 o coah 
?_-^
__i^b
y	 y	 t0-0y	 y-b 
8
1-o
0
l+
b
to -
	 0b	 41 -	 2 ajnl	 -	 2)	 - o coslr1 	 -	 _____________________ y-b	 t0-0y 
9
y-t0 
—>0
y-t0 t0 +y 
—<b
t0+y
a Ji_2 
l- l+ l- l+
\l -	 2 - I(to -	 0b)2 - (y - b)2	 -1 to - Bob 
- Bo cosh - y-b	 y-b 
10
y-t0 
—>0 y-t0 t0+y —b b 
lB lBo
-b(l	 2) -	 +	 - 
- B02	 j1 t0 -
'A table for integral B may be obtained from table I by substituting B1 for Bo and t1 for t0. 
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TPBLE II 
INTEGRATION LIMITS OF 	 AND CORRESPONDING VALUES OF TRE INTEGRAL C1 
Po > 1	 (The integral exists only when	 t0 > y; the lower limit isalveys zero.) 
Condition Upper 
limit
integral C 
to -
	
<b
to - Y to	 -	
+ B	 cosh1 to -	 - 1 cosh l I-(	 + Boto) I 
l+B0 I	 t+y 
\Ito2_	
+	 coah-	 -	 B02 - 1 cosh-	
+ Boto) I - 
I t+y 
2 b 
1 + Bo
-	 - (y + b)2	 -1 to - B0b	 2	 ( p02 - l)b - (	 + 1 
-	
cosh	 cosh -	 - 
y+b	 y+b 
Bo <1	 (The integral exists only when	 to > y; the lover limit is always Zero.) 
Condition Upper 
limit
Inte•l C 
-	
<b
to- I i \J]. - B2 +	 -	 _______ +	 coshl _2 -	 '.11 - B02 sin1	 ' + BOO 
'4 l+B, 2	 y	 y 
-	
+ Bo cosh-	 -	 - B 2 sin-	
+	 00 - 
y	 y	 t0+0y 
i b 
1 + B0
___________________ 	 _______	
b(l - B02) - (y + (t0 - p0b) 2 - ( y + b)	 1 to - B0b + \Jl - B 2 sin-
_______________________ - 
Bo cosh 
y+b	 y+b	 t0+B0y
1A table for integral D may be obtained from table II by substituting B 1 for B0 and 
t1 for t0.
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U(M > 1) 
I,
x = m't 
= m'i 
(a) In physical plane (x,y). 
Figure 1.- Sweptback wing in physical and transformed planes. 
PARAMETER RELATIONS BETWEEN PHYSICAL PLANE (x,y) 
AND TRANSFORMED PLANE (t,y) 
a0 half root chord a0' = a0/m'	 - 
at half tip chord att = at/rn' 
b halfspan bt==aAtanA 2 a0 ' 
tan A 
tanA rn' 
= a0 - at -	
- 1 - a -	 2	 1 - a 
- b b'	 AtanA l+a 
a=a0_ VIyI a'=a/m' 
a'	 at/ao a	 1	 -	 v'b' 
A=	 2b A-	 2b' 
- a0 + at rn'(l + a) 
= VM2 
- 1 l	
-
surface slope	 o = + v'	
'Z37 
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t,r 
(b) In transformed plane (t,y). Mach line at 450• 
Figure 1.- Concluded.
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Figure 2.- Wave drag coefficients for the family of sweptback wings with taper 
ratio of 0.2. 
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Figure 3.- Wave drag coefficients for the family of sweptback wings with taper 
ratio of 0.5. 
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(a) Trailing edge at 15° from leading edge which is normal to direction 
of flight. 
Figure 7.- Downwash distribution for three infinite hall-wings. 
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(b) Trailing edge at 300 from leading edge which is normal to direction 
of flight. 
FIgure 7.- Continued. 
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(c) Trailing edge at 45° from leading edge which is normal to direction

of flight. 
Figure 7.- Concluded. 
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Figure 8.- Downwash distribution over a wing tip of unit chord with a raked

angle of 300 for three values of t. 
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